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SUMMARY 
-- .--~ 
The results of an investigation at supersonic speed of the dis-
tribution of pressure over the surface of a swept airfoil of biconvex 
section at various angles of attack are presented. The airfoil used 
for the exper~ent was composed of sections 7 percent thick in stream-
wise planes and was swept back 630 45 t • The plan form of the wing 
was such as to give an aspect ratio of 1.66 and a taper ratio of 1. 
Tests were made at a Mach number of 1.53 over a Reynolds number range 
of 0.48 X 106 to 3.0 X 106 at angles of attack up to 100 • 
The measurements have been com:pared with supersonic lifting-
surface theory.. Good agreement between theory and exper~ent is 
found except over the regions of the airfoil surface influenced by 
the subsonic trailing edge and the tips. Within these regions, 
theory and experiment disagree. The disagreement is not consistent 
at all angles of attack. Analysis of the data shows that the flow 
is separated near the trailing edge and, hence, the effect of viscos-
ity is predominant. The degree of separation on the upper and lower 
surfaces varied with angle of attack with a consequent variation in 
the chordwise distribution of the additional lift. 
Comparison of the measured chordwise distribution of lift with 
the results of tests of airfoil sections at transonic speeds 
indicates that the separation effects may be attributed to shock-
wave boundary-layer interaction. This phenomenon may be unusually 
severe for this airfoil because of its thickness distribution. 
Although the normal-force and pitching-moment coefficients 
determined from a mechanical integration of the experimental 
pressures are in good agreement with theory at the low angles of 
attack, the agreement must be viewed as being largely fortuitous 
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because of the discrepancy between theoretically and experiment ally 
determined pressures . 
INTRODUCTION 
Theoret ica l solutions for the distribution of pressure a t 
supersonic speeds over the surface of lift ing wi ngs are~ i n general~ 
possible only if the nonlinear equations of mot ion are approxi-
mated by linear equat ions and viscosity effects are disregarded. 
The approxi mations thereby introduced~ of course~ limit the appli-
cability of the solutions to cases where the viscosity effects and 
the nonlinear terms are not significant . 
The r ange of Mach numbers~ a irfoil thicknesses~ angles of 
attack~ and Reynolds numbers for which the theory should give 
reasonable accuracy can be estimated to some extent from mathemat-
ical considerations and from a gener al knowledge of viscous effects. 
It is desirable~ however~ to determi ne the magnitude of the error 
involved in using the theory t o t r eat ca ses where it does not 
s t ric t l y a pply but for which at least an approximate solution is 
required by the designer . This mus t be done~ for the present at 
least~ by a series of careful experiments. 
The present report is the second of two publications presenting 
results of an experiment at one supersoluc Mach number (M=1 . 53 ). 
The f irst report (reference 1) discussed the distribution of 
pressure over the swept airfoil at zero lift . The present report 
is intended t o serve a s a partial c heck of the validity of super-
sonic l i f ting- surfa ce theory for swept wings . 
The method of r eference 2~ whi ch trea ts airfoils wit h subsonic 
trailing edges~ was used t o compute the theoretica l lifting pressure 
dist ribution. References 3 and 4 might have been used~ a t l east for 
portions of the airfoil surface ahead of the Mach line from t he root 
t r a iling edge . 
SYMBOIS 
Re Reynolds number based on the streamwise chord of 6 inches 
a angle of attack of the a irfoil 
CN normal- forc e coefficient 
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CIlle /2 
Po 
pitching-moment coefficient about centroid of area based 
on 6-inch chord 
lifting-pressure coefficient per degree angle of attack 
local static pressure On the upper surface of the airfoil 
local static pressure on lower surface of the airfoil 
free-stream dynamic pressure 
free-stream static pressure 
stream static pressure coefficient 
Pw reference static pressure 
x/c percent of chord 
x streamwise position from l eading edge of airfoil 
c wing chord 
DESCRIPTION OF APPARA'IDS 
3 
The experimental investigation was performed in the Ames 1- by 
3-foot supersonic wind tunnel No.1. This tunnel is of the closed-
return variable-pressure type operated at present with a fixed nozzle 
designed for a Mach number of 1.53 in a 1- by 2t-foot test section. 
A detailed description of the tunnel is given in reference 5. 
Model and Model Support 
The model selected for the investigation was composed of constant-
chord, symmetrical biconvex sections in planes perpendicular to the 
leading edge which was swept back 63045'; Circular-arc sections were 
chosen for two reasons: First, because the theory used to predict 
the thickness pressure distribution is restricted to airfoils with 
sharp leading edges and, second, because the construction of the model 
was much simplified. The thickness of the sections in planes paralle l 
lThe airfoil sections in planes parallel to the stream consist of 
elliptical arcs. 
-------~ 
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to the stream was chosen as 7 percent primarily from a consideration 
of model strength. 
Figures 1 and 2 show the airfoil mounted in the tunnel, and 
figure 3 gives all pertinent dimensions of the model. 
A more detailed description of the model and the model support 
system is given in reference 1, which also discusses the precautions 
that were taken to minimize disturbances in the tunnel air stream 
that the model support system might have caused. 
ANALYSIS OF DATA 
Air-Stream Characteristics 
In order to determine the character of the flow as influenced 
by the model support system, an investigation of the wind-tunnel 
air stream was made prior to actual tests of the airfoil. Static 
pressure surveys of the stream were made parallel to the axis of the 
tunnel at three positions across the stream in the horizontal plane 
in which the model was placed. 
These surveys were made with a static-pressure probe consisting 
of a 10O-caliber ogival needle, 0.10 of an inch in diameter. Pressure 
orifices were placed in the needle at a position for which an analysis 
using linear theory indicated that the local pressure was equal to 
that of the stream. 
The results of the static-pressure survey are given in figure 4. 
The Reynolds numbers indioated in this figure are based on the 6-inch 
chbrd of the wing at tunnel total pressures of 3, 12, and 24 pounds 
per square inch, respectively. The data are given as the difference 
between the presflure measured with the needle and the pressure measured 
by the test-section reference static-pressure orifice in terms of 
the dynamic pressure of the stream. This reference pressure orifice 
is located on the side wall of the tunnel 3.06 inches ahead of the 
apex of the leading edge of the airfoil. The pressure coefficients 
are plotted as a function of the distance downstream from the loca-
tion of this orifice. The location of the wing is shown in each 
figure. 
Examination of these data and comparison with previous surveys 
of the stream along the center line of the tunnel without the model 
support system show that practically the only effect of the support 
system was the propagation of a weak compression wave in the stream 
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which can be traced to the leading ed08 of the model support plate 0 
This wave, which appears as a pressure discontinuity in figure 4(a) 
4 inches downstream of the position of the test-section reference 
pressure orifice, becomes of negligible magnitude at a small distance 
outboard of the support plate (figs. 4(b) and (c))o Rotating the 
side plate through the range of angles of attack does not alter the 
magnitude of this compression wave 0 
This wave was originally believed to be due to the fact that 
the flat outer surface of the support plate was not parallel to the 
stream, but further tests with the inclination of the plate varied 
showed merely a change in the general pressure level without alter-
ing the strength of the wave. It seems probable that the disturbance 
results because it is impossible to produce a leading edge sharp 
enough in terms of molecular dimensions to prevent the formation of 
a detached shock wave even though the flat side of the plate is alined 
with the stream 0 The formation of a boundary layer on the plate also 
probably makes the ed08 of the plate effectively blunt. 
The existence of this disturbance had very little effect on 
the stream static pressure distribution over the region in which 
the wing was placed. The pressure over this region was within ±l~ 
percent of the average dynamic pressure of the stream. 
REIUCTION OF mTA 
The pressure data were recorded by photographing the manometer 
board. The data were then plotted directly in terms of pressure 
coefficient through the use of a film "reader!' The static-pressure 
corrections were made after plotting. The corrections to the 
measured pressure data were made by subtracting from the reading 
for each orifice the difference in stream static-pressure coefficient 
between the value at the position of the orifice and the average 
value OV$r the region of the wing. This method of correcting the 
pressure coefficients is such that the same static pressure correction 
is applied to both the upper and lower surface pressures. Since the 
lifting-pressure coefficients were obtained by taking the difference 
between the upper and lower surface pressures, there was effectively 
no static-pressure correction applied to the lifting-pressure coeffi-
cients. However, the true correction, which is very complex, may be, 
in local regions, twice as lar08 as the correction applied, depending 
on whether or not the disturbance is reflected from the wing. The 
precision of the correction will be discussed later. 
The normal-force and pitching-moment coefficients of the airfoil 
were obtained by a process of mechanical integration. The pressure 
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distribution diagrams for each spanwise station were integrated for 
each angle of attack to obtain the section normal-force coefficient. 
The plots of section normal-force coefficient against percent semi-
span were integrated to obtain the total normal-:force coefficient of 
the airfoil at each angle of attack. A comparison of the theoretical 
normal-force coefficients obtained from a mechanical integration of 
the theoretical pressure-distribution diagrams with the theoretical 
normal-force coeffioients determined from an analytio integration 
reveal an error of about 8 percent in the mechanically integrated 
normal-:force coefficients. The experimental normal-:force coefficients 
obtained by mechanical integration are possibly also within ±8 percent 
of the true value. 
PRECISION 
Since the flow in the tunnel is free of strong shock waves, 
there remain only six major items which may cause inaocuracies in 
the determination of the experimental pressure distribution over the 
airfoil: 
1. Errors of the pressure probe used to measure the static 
pressure in the stream 
2. The error involved in using a superposition process to 
correct for the variation in the stream static pressure 
over the region of the wing 
3. The error involved in reducing the data with a film reader 
4. Errors of the individual wing pressure orifices 
5. The error introduced by variations in stream angle 
6. The error involved in setting the angle of attack 
No means for determining the inaccuracy of the pressure probe 
is available at present. It is estimated, however, from calculation 
of the pressure distribution over the probe and from what is generally 
known about the inaccuracies of pressure orifices that the pressure 
probe measures the local~trea.m static pressure within ± ~ of 1 percent. 
This is the accuracy of the dJ'namic pressure used in obtaining pres'Bure 
coeffioients. 
The correction made for the pressure variation in the stream, 
discussed previously, consists merely of a superposition process. 
J 
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The same static pressure correction was applied to both the upper and 
lower surface pressures. However, if the disturbances, causing the static 
pressure variation in the stream, are finite shock waves, then the true 
correction is very complex, depending on whether or not the waves are 
reflected from the model. The correction may be twice as large on that 
surface of the airfoil from which the disturbance is reflected. However, 
a survey of the pressure distribution over a flat plate at zero angle 
of attack in the wind tunnel gave the same static pressure gradient as 
wa-e indicated by the needle survey. Since any asymmetrical disturbances 
propagated from either the top or bottom of the tunnel would cause a 
different pressure gradient over the flat plate than that given by the 
needle, it appears that the major disturbances are either symmetrically 
disposed with respect to the top and bottom of the tunnel or that they 
originate from. the side walls. In either case, the superposition process 
gives a very close approximation. Therefore, since the static-pressure 
variation over the region of the wing amounts to about ± I.!.. percent of the 
dynamic pressure, the accuracy of the correction vould pr~ably be vithin 
i of 1 percent of the dynamic pressure if the superposition is 75 percent 
correct. 
The use of the film reader in plotting pressure coefficients 
involves an error of about ±1/3 of 1 percent at the highest wind-
tunnel pressures where most of the pressure measurements were made. 
Examination of the data obtained from tests of the airfoil at 
zero lift shows that orifices at the same chordwise and spanwise 
positions on the upper and lower surfaces of the wing read we same 
pressure within i- of 1 percent of the stream dynamic pressure. Ti1is 
has been taken as the orifice error. 
Surveys of the wind-tunnel stream show small stream angles exist-
ing over the region in which the wing was placed. It is evident from 
fa study of the pressure data obtained for the airfoil at zero lift, 
however, that their influenoe was negligible since the 11ft due to 
the "induced camber" effect that should appear does not exist. 
A measure of the final aoouraoy of' the pressure distribution 
data can be obtained by taking the square root of the sum of the 
squares of the various probable inacouracies. The final pressure 
coefficients are then found to approximate the true values within 
±l percent of the dynamic pressure. 
The airfoil was set at an angle of attaok with a propeller 
protraotor which oan be read accurately to within ±O.05 of a degree. 
Airfoil deflections under load were measured with a cathetometer 
and found to be negligible. 
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The ·absolute humidity was a t all times kept below 0.0002 pound 
of water per pound of air so that the correction involved was 
negligible. 
RESUL'lB AND DISCUSS ION 
Pressure Distribution 
The experimental pressure coefficients~ corrected for the static 
pressure varia tion in the stream ~ are given i n t able I for angles of 
attack from zero to 100 for two Reynolds numbers. These are the 
bas ic data from which the plotted data discussed later are derived. 
They are presented for use in any further analysis which the reader 
may wish to make . 
Figure 5 shows a comparison between the theoretical and experi-
mental chordwise distribution of lifting-pressure coefficient per 
degree angle of attack for the five spanwise stations of the airfoil 
for which t he pressure distribut ions were measured. These data are 
for the highest test Reynolds number 3.0 X 106 • It is evident that 
theory and experiment agree well except within the regions influenced 
by the subsonic trailing edge and the tip. (See fig. 3.) Examina-
tion of the data for pressure orifices near the trailing edge shows 
that the shape of the additiona l lift curve varies with angle of 
attack . A cross plot of the data for the orifice at 80 percent of 
the chord in figure 5( c )~ for example, shows a variation in the 
local lifting-pressure coefficient with angle of attack which is 
quite similar to the variation that occurs at subsonic speeds in 
tne vicinity of the bevel of a bevel ed trailing-edge airfoil . For 
the angles of attack up to 40 , an increase in angle of attack 
results in negative lift . This "bevel effec t ll is well mown to 
control-surface des igners and has been proposed as a means of balanc-
ing control surfaces . (See reference 6.) This phenomenon depends 
on turbulent separation of t he flow from both surfaces of the air-
foi l at zero lift. The reduction in the degree of separation on 
the lower surface that occurs when the angle of attack is increased 
provides the negative lift. 
For the airfoil of the present investigation, the separation 
of f l ow near the trailing edge was noted from studies of the boundary-
layer flow in reference 1, substantiating the conclusions reached 
from an examination of the pressure data presented herein. Since 
flow separation exis t s , no agreemen t between theory and experiment 
can be expected in this region of the airfoil . 
J 
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It is interesting to note that same similarity exists between 
the results of figure 5 and the data of reference 7 which presents 
two-dimensional pressure-distribution characteristics for airfoil 
sections similar to those used for the wing of the present test. A 
comparison of the data indicates that the flow separation and its 
consequent effect on the lift distribution over 'the rear of the air-
foil is due primarily to the chordwise-thickness distribution. The 
pressure data of reference 7 show that separation becomes more severe 
as the position of maximum thickness is moved rearward. Examination 
of unpublished schlieren photographs obtained during those same tests 
corroborate this conclusion. 
A close correlation of the results of reference 7 with the data 
of the present test is not to be expected. Those results were 
obtained through tests of airfoil sections of 6-percent maximum 
thickness. As noted previously, the airfoil of the present test is 
7 percent thick in streamwise planes and 15.9 percent thick in planes 
perpendicular to the leading edge. Which thickness is more significant 
is not clear, since the aspect ratio is so small that a perfect cylin-
drical or section-type flow does not exist. 
The oomparison suggests, however, that section data are in 
~neral useful in determining flow characteristics of swept airfoils 
even though cylindrical flow does not exist. It sug~sts further 
that the trailing-ed~ angle and chordwise-thickness distributions 
are important parameters at supersonic speeds and that care must be 
taken in selecting airfoil sections for swept wings. 
The agreement between theoretical and experimental pressure 
distributions near the tip is poor, experiment showing a great deal 
more lift. This effect has been noted at subsonic speeds . The 
probability exists that there is lift added to the tip, because the 
vortex sheet discharged from the tip does not lie in the plane of the 
wing as theory assUID8s. 2 In addition, this effect may be due in 
part to the rapid thickening of the boundary layer in this region. 
Figure 6 presents the chordwise variation of lifting-pressure 
coefficient per degree at five spanwise stations at 40 angle of 
attack for three test Reynolds numbers, 0.48 X 106 , 1.85 X 106 , and 
3.0 X lOB. The effect of the Reynolds number variation is negligible 
except within the region of influence of the subsonic trailing edge. 
2The effect of the departure of the vortex sheet from the plane of 
the wing becomes of greatest importance for low aspect ratios and 
has been treated by Bollay in reference 8. 
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In this region a reduction in Reynolds number so influences the 
flow separation as to reduce the negative lift. 
Although laminar separation was observed at the lowest Reynolds 
number at zero lift~ this phenomenon disappeared as soon as the 
airfoil was given an appreciable angle of attaok. 
In reference 1 it was shown that through a calculation of the 
local Mach number on the surface of the airfoil by linear theory, 
it is possible to determine theoretically the curved line defining 
the foremost influence of the subsonic trailing edge. Good agree-
ment between the pressure discontinuity so defined and the experi-
mentally determined pressure discontinuity was shown at zero lift. 
(See reference 1.) For the airfoil at an angle of attack, however~ 
examination of the pressure data of table I gives no clear evidence 
of a steep pressure increase as was noted at zero lift. This is 
probably due to the fact that on the upper surface of the airfoil 
the boundary layer thickens very rapidly as the angle of attack Is 
increased because of the sharp leading edge. The existence of a 
sharp pressure rise or shock wave is, therefore, not discernible 
from the pressure data because the abrupt pressure rise is probably 
diffused by the thickened boundary layer as has been shown in reference 
9. Studies of the boundary-layer flow, however, do indicate the 
existence of a curved pressure discontinuity. These studies are 
discussed later. 
Boundary-Layer Studies 
Use was made of the liquid-film technique, which has been 
discussed fully in reference 10, to investigate the character of 
the boundary flow. This method of visualizing the boundary-layer 
flow consists of applying a thin film of a slightly volatile liquid 
to the airfoil surface and observing the degree of evaporation from 
various portions of the airfoil to detennine the relative areas of 
laminar and turbulent flow. The liquid-film streamers also give an 
indication of the direction of flow of the air in the boundary layer 
next to the airfoil surface. 
Figure 7 shows flow studies at the highest test Reynolds number 
at 00 , 40 , and 80 angle of attack. The existence of turbulent 
separation at zero lift is indicated by the photograph of figure 7(a). 
The liquid-film streamers turn and flow along the airfoil-surface 
generators near the trailing edge. This confirms the existence of 
separation that was indicated by the pressure data. 
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At 40 angle of attack (fig. 7(b)), the separation is shown to 
be more extensive, extending forward to the pressure discontinuity 
propagated from the root trailing edge. This pressure discontinuity 
which probably is a shock wave, though the pressure data are not 
conclusive, is seen to be curved in a manner quite similar to that 
discussed in reference 1. As noted in reference 1, if the pressure 
discontinuity is bent back sufficiently so that it eventually lies 
along one of the airfoil generators, the airfoil has reached or 
exceeded its critical supersonic Mach number. This seems to be the 
case for the airfoil of the present test. 
Examination of figure 7(b) shows a thin ridge of fluid lying 
Just behind the leading edge. The existence of this ridge denotes 
a small region of laminar separation which is to be expected with 
a sharp leading edge. 
At an 80 angle of attack (fig. 7(c)), the boundary layer has 
become so thick over the entire wing that it is impossible to place 
any interpretation on the liquid-film flow. 
Normal Force and Pitching Moment 
The normal-force and pitchin~oment characteristics of the 
airfoil were determined by a mechanical integration of the lifting 
pressures over the area of the wing at the various test angles of 
attack. These data are plotted in figures 8 and 9 and are compared 
with the results calculated by the linear theory of reference 2 . 
The results show good agreement between the theoretical normal-force-
curve and moment-curve slopes through zero lift. This agreement ~ s 
somewhat surprising, especially for the pitching moment, in view of 
the serious discrepancy between the theoretical and experimental 
pressure distributions near the trailing edge and tip, and hence 
may be viewed as being largely fortuitous. 
C ONCLUDllfa REMARKS 
The results of the investigation show that theory and experi-
ment are in good agreement in those regions of the airfoil not 
influenced by the subsonic trailing edge and the tip. Within the 
Mach cone of the root trailing edge, no correspondence between 
theory and experiment exists . The lack of agreement can be attri-
buted to the occurrence of turbulent separation which renders the 
theory invalid in this region. Near the tip, the failure of the 
theory is believed to be due to boundary-layer effects and to the 
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effeots of the distortion of the discharged vortex sheet. 
Comparison of the results of the experi1nent with section data 
at transonic Mach numbers, especially with regard to the separation 
of flow near the trailing edge, indicates that the thickness distri-
bution of the airfoil is important. 
The airfoil of the present test is apparently too thick to 
permit the use of the linear theory for an accurate estimation of 
the lifting pressures at the test Mach number. The thickness distri-
bution also appears to be undesirable. Additional tests of airfoils 
composed of thinner sections with different thickness distributions 
are desirable, however, for the purpose of investigating the validity 
of the linear theory near a subsonic trailing e~. 
Ames Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Moffett Field, Calif. 
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Station a. = 00 
(percent x/c Pu Po PI Po 
semi span) qo --q;-
0 .075 0.0850 0 .0930 
.30 .0190 .0190 
.50 -. 0300 -. 0300 
6 .4 .70 - .0800 -.0800 
.90 - .1130 -.1130 
.95 - .1100 . -.1100 
.05 .1050 .1050 
.10 .0820 .0820 
.30 - .0210 - .0210 
25.6 .50 - .1000 - .0900 
.75 -.1250 - .1250 
.85 -.1100 - .1100 
.90 -.1040 - .1040 
. 95 - .1040 - .1040 
.10 . 0310 . 0310 
.20 -.0140 -.0110 
.40 - .1020 - .1020 
51.2 .60 -.1260 -.1260 
.70 - -- - - -
.80 - .1060 -.1060 
.90 -. 0970 -.0970 
. 05 . 0620 . 0700 
.15 . 0130 .0130 
.30 - .0800 - . 0750 
.40 - .1270 -.1100 
76 .9 . 50 - .1250 - .1080 
.60 - .1060 - .1060 
.70 -.0970 -.0970 
.80 - .0900 - .0900 
.90 -.0990 - .0810 
.10 0 0 
.20 - .0600 -.0600 
.30 -.1100 - .1100 
97.5 .40 - .1300 -.1200 
.55 - .0800 - .0700 
.70 - . 0660 -.0660 
.85 -.0350 - .0200 
TABLE 1.- EXPERlMENTAL PRESSURE COEFFICIEN'IS 
[M = 1.53; Be = 0.48 X 10~ 
a. = 10 a. = 20 a. = 40 
Pu Po ~ Pu Po PI Po Pu Po PI Po qo qo ~ ~ qo qo 
0 .0918 0.1473 0 .0763 0 .1878 0.0238 0.2028 
.0214 .0514 -. 0066 .0689 -. 0236 .0994 
-. 0314 .0006 -. 0664 .0036 -. 0784 .0341 
-. 0715 -. 0425 -.1105 - .0515 -. 1125 -. 0100 
- .0945 -. 0905 - .1255 -.1135 -.1285 - .0835 
- .0847 -. 0847 -.1257 -.1132 - .1197 -. 0987 
.00-73 .1428 .0638 .1933 - .0797 .2103 
.0558 .1058 .0348 .1443 -. 0722 .1698 
-. 0358 .0062 -. 0688 .0237 -.0838 .0637 
-.1035 -. 0715 -.1405 -. 0710 -.1450 - .0180 
-.1108 -.1298 -.1408 -.1528 -.1358 - .1098 
- .1018 - .1078 - .1268 -.1428 -.0868 - .1148 
-.1037 -.1002 -.1402 -. 1127 - .0702 - .0917 
- .1116 - .0996 -.1386 -. 1136 - .0616 -. 0791 
.0200 .0740 -. 0110 .1135 -.1590 .1510 
-. 0294 .0191 -. 0594 . 0421 - .1019 .0806 
- .1093 -. 0703 - .1510 -. 0643 - .1603 - .0113 
- .0832 - .1032 - .0857 - .1157 -. 1722 - .0517 
- .0840 -. 0880 - .0960 - .1050 - .1260 -.0570 
- .0960 -.0940 - .1175 -.1100 - .0060 -. 0560 
- .0875 - .0915 - . ll35 - .1080 - .0665 -. OJ~55 
.0194 .1024 - . 0356 .1554 - .2286 .1864 
-. 0260 .0365 - .0575 .0765 - .1650 .1125 
-. 0993 -. 0443 -.1373 - .0263 - .1623 .0212 
- .1285 -.0895 -.1560 - .0720 -. 2175 .0115 
- .1092 -. 1222 - .1072 -. 0942 -.2262 - .0647 
-. 0940 - .1240 - .0875 - .1415 -. 1880 - .0770 
-. 0921 - .1021 - .0931 - .1341 - .1246 - .0671 
-. 0916 - .0916 -.1156 - .0966 -. 0746 - .0576 
- .0950 - .0865 -.1300 - .0795 - .0490 -. 0400 
- .0227 .0453 - . 0~2 .0743 -. 2177 .1233 
- .OTI4 -.0354 
- .114, - .0364 -.2064 .0106 
- .1154 - -- -.126 - - - -.1694 - --
-.1135 - .1185 - .1110 - .1035 - .2490 - .1410 
-.0685 - - - - .0685 - -- -.2040 - --
- .0530 -.0620 -.0430 - .0670 - .1460 - .0710 
- .0210 - .0210 .0050 - .0200 - .0700 - .0020 
a. = 60 
Pu Po PI Po 
qo ~ 
0.0063 0 .2508 
- .0516 .1479 
- .0984 .0791 
- .1310 .0310 
-. 1705 -. 0465 
- .0842 -. 0747 
- .2097 .2573 
- .1597 .2128 
-.1078 .1087 
-. 1735 .0225 
- .2138 - .0738 
- .1028 - .0823 
- .0837 - .0717 
- .0641 -.0541 
- .2760 .1985 
- .1844 .1326 
- .1923 .0322 
-. 2107 -.0322 
- . 0960 -. 0650 
- .0855 - .0890 
- .0620 -. 0770 
- .3786 .2179 
-. 2635 .1550 
-. 2178 .0647 
-. 2465 .0215 
-. 2237- - .0287 
-.1120 -. 0695 
-. 0656 -. 0996 
-. 0471 -. 1106 
- .0630 - .1010 
- .3767 .1653 
-. 3654 .0441 
- .3504 - - -
- .3510 -.0760 
- .2815 - --
-.1740 -.1260 
- .0850 -. 0600 
a. = 80 
Pu Po PI-Po 
qo qo 
0 .0063 0 .2518 
-.0906 .1519 
- .1064 .1016 
- .1300 .0460 
- .1250 -.0335 
- .1157 - .0792 
- .2257 .2628 
- .2602 .2278 
- .ll63 .1412 
-. 1460 .0515 
-.1523 - .0438 
- .0943 -.0723 
- . 0732 - .0562 
- .0676 -. 0541 
-.2830 .2205 
- .2774 .1731 
-.1803 .0847 
-.1417 .0233 
- .0960 -. 0170 
-. 0280 -.0465 
-. 0875 -.0630 
- .2956 .2404 
-. 3135 .1875 
-. 2733 .1047 
- .2510 .0925 
-. 1412 .0388 
- .0655 - .0125 
-. 0836 -. 0436 
-. 0876 - .0356 
-.1110 -. 0620 
-. 3137 .2933 
.8866 .0826 
-. 2309 - --
-.2260 - .0610 
-.1560 - - -
-.1220 - .0680 
-. 0450 .0130 
~ 
f-' 
~ 
~ 
o 
!l> 
~ 
~ 
!l> 
~ 
f\) 
f\) 
TABLE 1.- CO.NCLUDED 
[M = 1. 53; Re = 3.0XlOs 1 
Station a = 0° a. = 1° a. = 2° a. = 4° 
(percent x/ c Pu- Po P1-Po Pu- Po P1-Po Pu- Po P1--1l0 Pu- Po P1-Po 
semispan ) -- --
qo ~ ~ ~ ~ ~ ~ ~ 
0.075 0. 0935 0.1165 0 .0775 0.1895 0.0575 0.2490 0.0290 - --
. 30 .0335 .0475 .0145 .0615 - .0035 .0765 - . 0295 .1180 
6.4 . 50 - .0227 -.0117 -.0337 - .0007 -.0467 . 0123 -.0732 .0493 
. 70 - .0693 - .0573 -.0833 -.0453 -.0953 - .0338 -.1188 .0002 
.90 -.1080 -.0980 - .1180 - .0920 -.1270 -.0820 -.1405 -.0505 
. 95 -.0365 -.0605 -.0405 - .0635 -.0400 -.0665 -.0440 -.0665 
.05 .1110 .1190 .0850 .1460 .0595 .1685 - .0590 .2185 
.10 .0805 .0915 .0585 .1125 .0415 ~1325 -.0105 .1785 
. 30 - . 0160 - .0070 - .0350 .0090 - .0440 .0310 -.0800 .0640 
25. 6 . 50 - .0662 -.0602 - .0842 - .0492 - .0972 - .0352 - .1292 . 0043 
. 75 - .1388 -.1218 -.1518 -.1088 
- .1578 - .0968 - .1758 - .0643 
. 85 - .0707 -.0757 - .0747 -.0787 -.0552 -.0842 - .0567 - .0832 
. 90 -.0599 - .0329 -.0579 - . 0339 - .0384 -.0494 - .0454 - .0604 
. 95 -.0040 - .0030 0 0 -.0080 - .0160 -.0270 - .0400 
.10 . 0530 . 590 .0210 . 0840 - .004;5 •1070 -.1150 .1600 
. 20 .0002 .0172 - . 0238 .0272 -.0438 .0497 -.0903 .1042 
.40 
- .0835 -.0765 - .1045 - .0625 - .1210 - .0415 -.15Cl5 .0035 
51.2 . 60 - .1385 - .1365 - .Hi05 -.1195 - .1805 - .1020 -.2090 -.0610 
. 70 - .1749 - .1690 - .1970 -.1590 - .1265 - .1475 - .0910 -.1145 
. 80 
-.0430 - .0490 - . 0430 - .0550 -.0280 -.0795 -.0420 - .0885 
. 90 -.0048 -.0038 -.0018 -.0088 
-.0113 -.0363 -.0438 -.0603 
.05 .0570 .0440 .0190 .1050 
-.0175 .1305 - .2755 .1755 
~15 -.0020 .0080 -.0330 .0320 
-.0585 .0545 -.1490 .1050 
. 30 
- . 0777 - .. 0787 - .1047 - . 0537 -.1237 -.0292 -.1707 .0178 
.40 
-.1165 - .1085 - .1335 -.1015 - . 1560 -.0810 -.2010 - . 0340 
76 . 9 . 50 - .1470 -.1390 
-.
1670 -.1170 -.1865 -.0980 - .2260 -.0510 
. 60 -.1828 - .1838 - .1968 - .1628 
-.1583 -.1483 -.0938 -.1038 
· 70 -.0926 -.0946 -,.0926 -.0936 -.0486 -.1146 -.0466 -.1111 
.80 -.0460 -.0520 -.0370 -.0600 -.0235 -.0960 -.0330 -.1140 
. 90 - . 0125 - . 0065 
-.0055 - .0145 -.0175 - . 0470 -.0375 -.0860 
.10 .0155 .0275 - .0085 .0505 -.0370 .0760 -.2150 .1275 
. 20 
-.0538 -.0478 -.0748 - .0318 
-.0938 -.0178 - .1543 .0122 
. 30 -.1040 -- - -.1210 - -- -.1405 --- .1700 - --
97.5 .40 -.1404 - .1384 -.1554 -.1274 -.1749 - .1134 - . 2139 -.1059 
. 55 -.1899 - --
-.
2079 -- - -.1449 - - - -.1489 ---
. 70 -.0700 -.0820 -.0590 -.0930 -.0275 -.1215 -.1100 -.1385 
. 85 -.0015 -.0125 .0085 -.0315 . 0085 -.0530 -.0870 - . 0720 
a. = 6° a, = 8° 
Pu- Po P1- Po Pu- Po P1- Po 
~ ~ ~ ~ 
1-0 . 0015 0. 2365 -0 .0210 0.2785 
- .0525 .1585 -.0750 . 2035 
-.0977 .0838 -.1207 .1248 
-.1408 .0297 -.1593 .0667 
-.1565 -.0245 - .1710 .0065 
-.0530 -.0620 -.0655 -.0505 
-.2085 .2560 
-.2795 . 2985 
-.1705 .2175 - .2840 . 2615 
-.1050 .1190 -.1010 .1615 
-.1522 . 0388 - .1692 .0808 
-.1918 -.0383 - . 2093 -.0018 
-.0612 -.0682 
-.
0607 - .0462 
-A0524 -.0604 
-.0539 -.0514 
-.0440 - .0475 -.0510 - .0490 
- . 2370 .1945 - .3260 .2360 
-.2068 .1422 -03148 .1832 
-.1875 .0375 -.2795 . 0805 
- .2265 - .0285 -.2445 .0080 
- .1055 -.0860 -.1760 - . 0550 
- . 0695 -.0820 - .1130 -.0645 
-.0743 - .0643 - . 0793 -. 0518 
-.3560 .2025 - . 3915 . 2315 
-.2990 .1460 -.3765 .1865 
- . 2467 .0583 -.3427 .0988 
- .2380 .0030 - . 2860 ~0415 
-.1860 -.0140 -.2510 .0255 
- .1153 - .0703 - . 2413 - . 0358 
-.0801 -.0901 -.2376 -.0631 
-.0775 -.1045 -. 2390 -.0765 
-.0980 - .0915 -.2020 -.0715 
- . 3665 .1700 -.3865 . 2075 
-.3258 .0477 -.3798 .0802 
-.3310 --- -.3645 ---
-.3114 -.0864 -.3424 -.0629 
-.2424 --- -.2814 ---
-.1780 -.1380 -.2625 -.1130 
-.1500 -.0940 -.2400 -.1095 
a. = 10° 
Pu- Po P1-Po 
~ ~ 
-0. 0250 0.3190 
-.1010 ~2475 
- .1407 .1633 
-.1753 .1027 
-.1820 
.°380 
-.0765 - . 03 45 
-.3260 . 3430 
-.3445 . 3055 
-.2660 . 2015 
-.1682 .1213 
-.2283 . 0322 
- . 0597 -.0242 
-.0524 
-.0399 
-.0555 -.0460 
-.3705 ~2750 
-.3738 . 2182 
- . 3665 .1210 
- · 3290 .0410 
-.3020 - . 0265 
- . 2110 -.0410 
-.0218 
-.0368 
- . 4115 . 2540 
-.4200 .2210 
-.3972 .1353 
-.3615 . 0810 
- . 3480 .0589 
- . 3478 - . 0008 
-.3576 -.0326 
-.3745 -.0420 
- . 2905 -.0380 
- . 3505 . 2385 
-~3178 .1127 
.2885 ---
-.2754 - . 0364 
-.2199 -- -
-.1830 -.0880 
-.0935 -.1095 
~ 
~ 
o 
~ 
§1 
~ 
~ 
r\) 
r\) 
I-' 
V1 
J 
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Figure 1.- Sketch of airfoil mounted for test. 
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